An efficient time-splitting, second-order accurate, numerical scheme is used to solve the complete Navier-Stokes equations for supersonic and hypersonic laminar flow over a two-dimensional compression corner. A fine, exponentially stretched mesh spacing is used in the region near the wall for resolving the viscous layer. number of 14.1 and a Reynolds number of 1.04x l0 s with wedge angles of 15", 18", and 24" . The details of the pressure variation across the boundary layer are given, and a correlation between the leading edge shock and the peaks in surface pressure and heat transfer is observed.
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II. Analysis

Governing Equalions
The ber Pr and specific heat c,, so that K ='tC,#/Pr.
Time-Split Numerical Technique
A time-split, two-step MacCormack scheme is used which solves the set of two-dimensional equations by reducing them to two sets of one-dimensional equations.
The system of equations
can be solved in one orthogonal x, y coordinate system for an arbitrary quadrilateral volume element, as described by Deiwert. f2 The typical element used is shown in Fig. 2 , where 0 is the inclination of the parallelogram element with respect to the x-coordinate.
The difference equations approximating
Eq.
(1) are then written as follows where At is the time increment that the solution is advanced. The bar on F and G indicates that the predicted quantities U are to be used in the evaluation of these terms. Note that the operator Lx accounts for the convection and stress terms acting at the vertical sides of the typical mesh element shown in Fig. 2 
Parallelogram volume element used in computation. the nonorthogonal cell ( Fig. 2) , the differences used are as follows:
Using ,b as a dummy variable, for the Lx operator predictor
and for the Ly operator predictor Figure  3 shows the computational domain and the mesh point and cell system used for calculation.
Mesh and Boundary Conditions
Note that the inclination angle 0 is zero on the fiat plate and is constant along the wedge. The mesh is equally spaced in the x-direction, but they-direction, a fine, exponentially stretched mesh spacing is used in the region 0. 
III.
Results and Comparisons
The first case computed was for M= = 3.0 supersonic flow over a 10" wedge with an adiabatic wall. The flow conditions correspond identically to one of the cases studied by Carter, 9
and are given as follows:
Tw=T=[I+(y-1/2)M_
Here, T w, the wall temperature, is assumed equal to the freestream stagnation temperature. For this case 86 mesh points were equally spaced in the x-direction, and 28 mesh points were used in the y-direction, 15 for the inner mesh and 13 for the outer mesh. Figure 4 shows 3A (7(7-1 
Here, X= is a hypersonic parameter; _ is a parameter related to the wall temperature;
and C, the Chapman-Rubesin constant, is evaluated as C=T=_(Tw)/T_I_(T=). Excellent agreement is obtained between the theoretical prediction and the numerical result. Also shown in Fig. 5 Note that, in the experiment the peaks of pressure and heat transfer coincide, and in the computed results the peak of heat transfer is ahead but very close to those of surface pressure. This is also observed in the case of _ = 18°.
With the entire flowfield calculated, we can examine the details of the interaction between viscous and inviscid flows. Fig. 9 shows the isobar distributions for wedge angles of 15°, 18°, and 24 =. One of the most striking features is that the static pressure is neither constant across the boundary layer nor constant along the simple straight characteristic lines, as Ro =_04xaO 5 _ , .
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=15" :Zig. 9 Isobar pressure distribution for wedge angles of 15", 18", and 24*. Fig. 10 a) pressure variation and b) u-velocib boundar) layer profiles near separation for c_= 18". treated by Myring. _7 Figure  10 shows as Type VI interference in which, after the intersection of two shocks, a single stronger resultant shock, and expansion fan, and a slip surface are formed ( Fig. ! 1) . Along the streamline B, through multiple compression, the pressure in region 3 is higher than the pressure in region 5, which is compressed along streamline A by a single resultant shock. Behind the expansion fan the pressure and flow direction in region 4 are the same as those in region 5, which is separated from region 4 by a slip surface.
For or= 15", the expansion fan does not reach the wedge surface within the computational region. The wall pressure monotonically increases and the peak of maximum pressure is expected to lie downstream of the computational domain (Fig. 6a ). For o_= 18", the influence of the expansion fan on the wedge surface is observed in the computational domain (Fig. 9) ; the surface pressure and heat transfer reach their maximum and then decrease gradually (Fig. 7) . Since the intersection angle is small, the expansion fan is so weak that it can barely be detected.
As the wedge angle increases further to o_=24", the correlation of the interference of leading edge shock and the peak pressure is evident ( Fig. 9 ). (The dashed line represents, approximately, the trajectory of the leading edge shock.)
The high pressure in region 3 (Fig.  11) is attributed to the viscous effect of smoothly bending the streamlines while passing the compression corner, and the high heat-h'ansfer rate is attributed to the high temperature and the local thinning of the boundary layer behind the compression waves and the induced shock.
The expansion fan causes a rapid decrease in pressure. Figure  12 presents the pressure profiles at three different locations, AA', BB', CC' (indicated in Fig. 9 Indeed there exists no discontinuity or slip surface in the viscous flow; the slip surface between regions 4 and 5 (Fig. I 1) is smeared into a shear layer. Figure  13 shows the density con- tours and clearly displays the trajectories of the leading edge shock, resultant shock, shear layer, boundary layer, and the cold-wall high-density sublayer. Figure  14 shows the detailed plots of u-velocity, density, and temperature across the boundary layer and the shear layer at the location (x/L) = 179 for =24°. Total pressure loss is larger in region 5 than across the single resultant shock; hence, the temperature is higher, and the velocity and density are lower in region 5 than those in region 4. Figure  15 indicates the locations of leading edge shock, induced shock, resultant shock, edge of boundary layer, boundary-layer displacement thickness 6", and the line of zero u-velocity for the case of c_=24". Here, the edge of the boundary layer is defined as the smallest y for which A(pu) /pu<0.02. The locations of the peak heat-transfer rate and the peak wall pressure are labeled A _ and A2, respectively. The boundary-layer displacement thickness (5* at first increases as pressure increases, up to the corner, then decreases as pressure continues to increase, reaching a neck region at about the point of peak pressure, and then starts to increase as the normal state of the boundary layer resumes. The thickness of the boundary layer before and after the compression are different by about one order of magnitude.
IV. Conclusion
An The pressure  profiles  are neither  constant  across the boundary  layer nor constant  along simple,  straight characteristic lines, as has been assumed in some analyses.
Surface pressures higher than predicted by inviscid shock wave theory are obtained, due to the compression of the smooth bending of the streamlines. Edney Type VI interference of the leading edge shock with the induced shock results in an expansion fan which produces a large peak in the surface pressure and heat transfer. Consequently, it is important to include the leading edge shock wave in the present study of such hypersonic flows.
